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TAYERS IN GASES MOVING AT HIGH SPEED"
By J. Ackeret, F. Feldmenn, and N. Rott

INTRODUCTIOR

It has besn known for some time that at high flight velocities
marked lincreases in drag coefficlent occur. The flight velocity V
is measured in terms of the speed of sound as by the Mach

number M = g—. For wing proflles of usual thickness the increase

starts at M = 0.75 to 0.85 and the meximm dreg coefficients
measured become about 10 times the normal velues.

A more thorough investigation shows that the drag incresse is
comnected with large changes in the pressure distribution so that
the 1ncrease 1s caused by the normal pressures rether than by
skin friction. The chordwise pressure distribution (fig. 8) for
large M shows an extenslve low-pressure ‘region on the upper
surface of the wing wherse, local velocitles conslderably exceed
sonlc veloclty, followed by a sudden pressure Jump; wherees such
Jumps are not noticed for ameller Mach numbers, for which sonic
veloclity 1s nowhere exceeded.

It has been known for some time that these Jumps are merely
Rlemamn's compression shocks which cause a discontimuous tranaition
from supersonic to subsoblic velocity.

Unfortunately, there 1s no prospect of a possibdility of
calculating these phenamena on the profile in advance, since ome
has vo deal with differential equetions which undergo basic changes
in character at the (a priori unknown) boundary between the sub-
sonic and supersonic regions.

Untersuchtmgen an Vemichtmgsstbssen und Grenzschichten
in schnell bewegten Gasen." Mitteilungen eus dem Imstitut fir
Aerodynamik an der Eidgendssiachen Technischen Hochschule in
Zurich Herausgegeben von Prof. Dr. J. Ackeret, No. 10.
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It is the purpose of the following investigation to examine
experimentally more closely the mmtual influences of the compression
shocks and the friction boundary layers. A comparison of measure-
ments taken in verious high-speed wind tumnmels has shown that not
always does the same shock picture eppear. It was to be suspected
that friction effeats are of lmportance here, which have to be
clarified, and the exverimental results showed, in fact, that the
shock picture is different for e laminer than for a turbulent
boundery leyer - for the leminar cere the shock pattern 1s much
more complicated. The problem is of practical importance because of
effort to achleve low dreg by means of extensive laminar boundary
layers. Tye tests were made in the high-speed wind tunnel of the
institute.” This tunnel has the great advantage of permitting the
detsrmination of the Mach number and the Reynolds number effects
separetely, through provision for varying the density of the gas at
constant veloclty. Only thls separation of the effects made 1t
possidble to disentangle the phenomena somewhat satisfastorily.

APPARATUS AND TESTS

A. Test Setup

The test sectlon consiste essentlally of a nozzle with a
curved axis. (See fig. 1.) Its cross section ls everywhere
rectangular and of uniform width. A portion of the lower wall of
the nozzle 1s shaped like a wing surface. The upper well of the
nozzle was errenged so that 1t corresponded approximetely to the
course of a streamline of the flow about the wing. The whole
upper wall of the nozzle 18 flexible and can be adjusted during
the operation. Because of the curvature of the lower wall of the
nozzle a supersonic reglon develops over 1t at certeln free-stream
velocitles.

The teste were carrled out in such & manner that sonlc
velooclty was not reached over the whole nozzle oross section.

" Therefore a local supersonic region is obtalned which does not
reach the upper wall of the nozzle at ary point. Because of an
Increased cross section immedlately downstream of this region, a
compresslon takes place, which glives rise to the compression shock.
The nozzle then contracts agsain to the minimum cross section. As
is known, exactly sonlic velocity will appear at this minimum cross

17. Ackeret, The Institute for Aerodynamics at the Federal
Academy for Technology. ("Das Institut fiir Aerodynamik an der
Eidgendssischen Technischen Hochechule.") Mittellungen aus dem
Institut fur Aerodynamik No. 8, Zurich 1943.
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/
gection when the critical pressure ratio is reached. The meximum
mass flow 1s, for constant initiel conditions, proportional to the
minimm cross seg_tipnca-g/hence, the air velocity and therefore the
local Mach numbers be simply regulated by - changing the minimm
croes section. There wes always sufficlent power expended so that
sonlc velocity was reached at the minimum:cross section. Trans-
mission of pressure disturbances from the followlng diffuser
upstream into the test section was thereby prevented. It proved
aedventageous, in order to maintein a constant position of the
compression shock, to break off the lower wall of the nozzle
immedistely behind the minimum croas section and to let the flow
expand around the resulting sharp edge.

For test meries I to VI a plate perellel to the lower nozzle -
wall was placed at a distence of 4O millimetersabove 1t; a new
boundary layer developed at the leeding edge of this plate and the
thick turbulent boundery layer along the tunnel well could flow
between the auxiliary plmte ani the wall of the nozzle. Thereby,
in a certein range of Reynolds numbers (corresvonding to different
ad justments of the pressure) elther leminer cr turtulent boundery
layers ahead of the corpression shock comnld be produced.
For test serles VII this auxiliary plate was removed so thet /—_%
the investigation could bs cerried cut with & thick turbulent -’
Pboundery layer.

R. Test Instruments
(a) Schlieren optics

The schlieren epparatus used has been descridbed befo:l:'e.:‘.2 It
works according to the principle of the colncidence method ; tke
path of the rays can be seen in figure 2. A Philips Philore
high-pressure-mercury vepor lemp was used as the light source.

The B8chlieren knifo-edge 1tself can be rotated so that pressure
gradients in all directions of the flow field cen be mAde visible.
The position of the glass window 1s indicated in figure 1. The
Tield of vlsion has a diameter of 250 millimeters. The light reys

3P. de Haller, The Sg¢hliercn Cptics of the Supersonic Tumnel.
("Die Schlierenoptik des Uberschaillmmales.”) Mitteilungen eus dem
= - - TInstitnt for Aerodrmamik, No. 5, Zurich 1943.

3 .
H. Schardin, Scnliersa-Mettolds snd thaeir Apprlications.

("Schlisrervar iliren urd ih=e sArvierdangen.") Brgenmisse dor
.exakten Naturwlssenschefton, Vol. 20. Springer 1942. pp. 303-439.

A _ _ - i
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are tranamitted through the tumnel walls by msans of 25-millimeter-
thick glass plates ground plane parallel. The rays are reflected by

a concave mirror mounted outside of the tumnel, having a silvered
gurface and a 3000-millimeter focal length, The image is projected
onto a ground glass or a screen. The photographs were taken by means
of a miniature camera on Lelcafilm. The llght irtenslty was sufficlent
to obtaln high sensitivity with film of normal speed and exposure times
of 1/250 to 1/500 second, with most of the light blenked off by the
knife-edge. These exposure times proved to be sufficiently short to
produce sharp photographs even with somewhat unsieady compresslon
shocks. Because of the conlcal-ray path, stral;tht lines located
outside of the optlic axis and perallsl to it do not appear as

points; thereforo the comrressimm sheocks were as far as possible
adjusted so as to be 1n the proximity of the coptic axis,

The schlleren photographs gave a clear picture of the flow
phenomena and were used for determination of the locailon cof tho
compression shocks, for momsurement of shock sngles and also of
Mach englea for determinins the veloclty.

(b) Pressure measurements

The measurement of the stetic pressure at the wall, particularly
at the plate surfaces in the domain cf the compression shocks 1a made
by moens of holes of 0.3-millimeter dismeter. For instence, 36 test
holes were provided on the auxiliary plate. The dlstribution of the
static pressuro in the flow ltself wes ascertalned by meens of static-
pressure probes. (See fig. 3.) The mochanism which permits adjust-
ment of thesae static-pressure probtes iIn the x-dlrection and the z-direc-
tion (fig. 1) is eloctrically operatcd. The locel disturbence of *he
flow vas small due to the smallness of the static-pressure probes.

Total-preossure tubus with an electrlcelly operated sdjustment
mechanism were also used for measurement of the total prossure.
(See fig. 3.) The boundary-layor meesurements were made by meens
of & very thin curved total-pressure tubse, the dimensions of which
can be seen in figure 3. Thus tho total pressurc could be
meagured up to 0.2-m!llimeter dlstance from tho wall.

The pressures were msasursil with a morcury-micromanomster;
smell differencea 1n pressure were detormined by means of an
alcohol manometer. The accuracy of tho rvadings was 1/10-millimeter
mercury &nd alcohol, rogpectively.

(c¢) Determination of the humidity of air

The air humidlty was measured with a dry-bulb and e wet-buld
thermometer 1n the large cross section behlnd the streightening
veanes whore the alr velccities are small, The huridity in other places
can then be calculatod from knowledge of the local state of the alr,
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C. Method of Measurement

“Trnitlally there were difficultles-regarding the reproduci-
bility of the compression shocks. Due to various influences, for
instance; dilatations of the tunnel walls by heating, changes in
cross section appeared which effected the position of the compressim
shock, Therefore a photogrephic negatlive of each investigated
compression shock was mede and the pressure distribution on-the
surface of the plate was measured, To reproduce a certain
compression ghock the pressure in the tunnel was first adjusted
and the tempereture regulated by varying the cooling water
supply. After steady conditlons were established (which can be
ascertained by means of a variometer) the position of the shock
was adjusted, with the aid of the negative and the measured
yressure distribution, by varying the minimum nozzle cross section.
Measurements could then be continued as long a8 necessary without
any noticeable change in the flow condition in the tummel.

SYMBOLS AND BASIC EQUATIOKRS

1. Symbols and Dimensions

P absolute static pressure, kilogremsper metere
Po stegnation nressure, kllogramsper Ime'l‘.ear2
pp pressure et rest measured with pltot tube, kilogremeper moter®
P* critical pressure, kilogremsper meter®
T absoclute temperature, “Kelvin
To absolute stagnation temperature, %Kelvin
o] eir denmity, kilogram-seconde-meterh
y specifio welght (= gp), kilogramsper meter3
n- viscosity of air, kilogrem-second per meter2
v kinematic viscosity, (= %) meters® per second
alr velocity, meters per s-econd
U air v’elocity outside of,'l:.he boundary layer,meters per second

a sonic velocity (local), metemper secomd
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a* critical sonic ';reloc:l'by, metes per second
M Mach number (local)
M* Mach number (referred to e¥)

°p

specific heats, (k Cal/kgC)

c

v

k cp/ey = 1.4 for air
R gas constent = 29.27 for dry alr, metem per degree
A mechanical heat egquivalent = 1/k27, (k Cal/mkg)
B thickness of the boundary layer

5* displacement thiclmessl

\ equations (10) and (11)

el momentum thickness

d direction of the schlieren knife-edge vertical

e direction of the achlleren knife-edge horirontal
-— direction of flow

The positions of the points of measurement were referred to
the coordinate system x, z shown in figure 1.

2. The Reynolds Numbers

For comparison of the tests the followlng two Reynolds numbers
wore introduced:

(2) Reynolds mumber for the tests with auxiliary plate: Re, = %1

with U end V representing the local wvelues for the
point x = 106.5 millimeters immediately outside of the boundery
layer. 1 18 length of the auxiliery plate = 0.55 meter.

X _ Us**
(b) Reg = -—— : Reynolds number formed from the undisturbed
v
veloclity, the corresponding kinematic viscosity and the boundary.
leyer momentum thickness lmmediately ghead of the first compression
shock., :
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3. The Mach Rumbers
The Mach mumbers given for the separate test seriss are the
local values lmmediately aheed of the first compresslion shock at
the dlstance of the boundery-layer thickness from the well surface.

. Determination of Velocity, Temperature, end Density

The static pressure p and the pitot preassure Pp Wwere
measured at every test point. For subsonic flow pp equals the
stagnatlon pressure p, which is obtained through adlabetic
compression to zero veloclty. For supersonic flow the compression
occurs partially through a normal shock, thus not adlabatically.

Therefore one cbtains a.ccord"ng to whether the local Mach number M
is smeller or lerger than 1:

.

P _ls_
ML ._P=£<.‘=(1+k'1M2)k (1)
P P
_2-_
M2 1: k+lM2 (4 1)%2 [E-1 (2)
p M2 - 2(k - 1)

The two curves given by the above forrmlas meet for M = 1 with
continuous tangent and curvature. Formula (1) or (2) is used

eccording to whether the ratio p/p is larger or smaller than the
critical pressure ratio:

(2 YT
(p);’)crit Pp + 1 =0.5283 (for k= 1.h)

“R. Sauer, Ges Dynamics (" Gasdynamik.") Springer 1943,
pp. 8 and 79.
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The relation (1) can be solved for M:

— k_—_]__ ‘
M2=k—%-1(%9)k -1 ()

whereas for equation (2) en interpolation has to be usad.

For stegnation of the flow, (no heet added or removed)
Av® .
“2g * °pT = °plo (3)

where T, 1s the stagnation temperature. Ey transformation there
follows from 1vu:

2
1+ ——;—JME 1+ —— M2

Thus one cen cbtain the local Mech nurtber M eccording
to (1) or (2) from p end alone whereas fox determination
of w according to (4) the stegnetion tempernture T, must also
be known.

In the present tests T, was measured at a single plecs
"(at small velocity). Ty, remains constent In adiebetic flow end
through shocks so that this meesuremcnt ls suffictent for determl-
nationg of veloclty outside of the boundery leyer.

According to Busemann ® the stegnetion temperature T, 1s also
constont everywhere in the boundary lsyer, if the boundary layer is

®A. Busemann, Ges Dynemics, in "Hendbook of Ezperimentel
Physice" ("Gasdynamik,” in "Handbuch der Experimentalphysik") of
Wion-Harms, Vol. IV, 1, p. 365, Leipzig 1931.- Compare also
A. Stodola, Contributions tn the Theory of the Heat Transfor of
Liguids or Gases to Solid Walls, ("Zur Theorie des Warmeiiberganges
von Flissigkeiten oder Gesen an feste Wénde"), Sohweiz. Bauzeltung,
Vol. 88, p. 243, 1926.
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turbulent: if 1t is laminer T, = constant 1s valid only when the

Prandtl number ¢ = 'LS:P equals 1. Tn both cases one has to

presume that heat is neither sdded nor escaping throuch the wall,
which should be true for the precasent tests. For ajr, howvever,

¢ does not eguel exactly 1 (¢ = 0.7). Pohlhaugen investigeted by
calculafion the deviations from T, = constant in the lsminer
boundery layer which originate because of o 7‘ 1. It appears

that the influence of ¢ $% 1 for air upon the determination of
veloclty in the laminar bounderr layer 1s slight. For simplifi-
cation, all calculations therefore were made for T, = constant.

With the essumption T, = comstant within and outside of the

boundary layer there follows from (3) the temperature T at any
polnt:

T
-2 = k - 2
T 1+ 21M (5)

Finally, the density results from the equation of stete

5. The Boundary Layer for Compressible Flow
The momentum equation of the Poundary leyer

o) B
Ud_'.ix_ pwdy-ad}rp@dy—ﬁg—g='ro (n

0 o

®E. Pohlhausen, The Heat Txchange between Solid Bodies and
Liguide with Small Friction and Small Heat Transfer. ("Der
Warmeaustausch zwischen festen KSrpern und Flissigkeiten mit
kleiner Reibung und kleiner Wdarmeleitung"') Z.A.M.M., Vol. 1,
pp. 115-121, 1921. More recent authors consider also the influence
of the pressure gradient outside of the boundary layer upon the
tompereture distribution; compare for instance, A. N. Tifford,
Journal of the Aercnautical Scilences, Vol. 12, p. 241, 1945, vhere
further references can be found.
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i1s 8lso valid in the ebove form for compressible flow. For the
flow outside of the boundary leayer the differentiel form of
Bernoulll's equation is velid; thus

1

- _ Buauv? (8)
- T A 8
with py rerresenting the density at the sdgs of the boundary

layer. One can write the boundery-layer pomentum equation (7N
glso for compressible flow in Gruschwitz! form with the aild
of (8) and using the ldentity

o[

P

Hewever, p wlll not be constant in the boundary layer for this
case, and py will be a function of x. There rosults

g% 1 da(r ) guex . 1 Uze - 10
x TR T ax "Tax T nge ()

vhere B&* 18 the displacemsnt thickneas:

)
a*=‘[](1-5%11_‘;)a,y (10)

and &% the momentum thickness

&
oo 226 Do (2
0

7.'?'.. Gruschwitz, The Turbulent Friction Layer in Two-Dimensional
flow {"Dle turbulente Reibungsschicht in ebener Strdmung"). Ingenieur-
Archiv, Vol. 2, p. 321, 1931.
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For p = pg = constant one obtains again the known equation

" and ‘the former definlition of &* and &% for lncampressible
flo"r. )

Displacement thickness and momentum thiclkmess were calculated
atoording to the formulas (10) end (11); e determination of the
shear stress at the wall T, with the aid of equation (9) wes
also attempted.

TEST RESULTS

Test Sevles I

The charecteristic data of the flow ere:

M= 1.225
6 Meepured immedistely
Rez = 1,32% X 10 gheed of the first
comgresselon shock

Regh* = 400
Bounda:ry layer ehead of the shock: leminer

Because of 1ts shepe the compression shock investigated in
this test series was deslgnated with the Greek A. (See fig. L.)

Compression shocks of a similar nature slsoc were observed %n
othor tests, for instance, in de Haller's investigation of wings .
A. The pressure field
The measured distribution of the static preesure at various

distances from the wall is shown in figure 5, in VWhich the curves
p/po = £(x), are plotted. The critical-rressure ratio p*/po for

vhich exmctly sonic veloclty exists was drawn in a desh-dotted line.

T

®P. de Haller, l.c. p. Lk.
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The pressure fleld glives Informetion about the extent of the
supersonic. region. The zone of supersoric velocity begins near
the wall at x ~ 72 millimeters. The pressure distribution et the
surface (z = O millimeters) shows a further decrease in pressure
down to the point x ~ 154 millimeters where the lowest pressure is
reached with p/p, = 0.299. The Mach number corresponding to this.
value i1s M = 1.225. Immediately afterwvards there starts the oblianus
compression shock which can also be seen in the schlieren photograph.
The pressure Increase ceused by 1t 1s reletively small; the pressure
gredient dp/dx also is emall., Thig behaviour cen be seen also in
the schlleren phbtograph.

The obliqué compression shock cen be further obgerved with the
aid of the pressure measurements et the dlistances from the well
z = 20, 40, and 60 millimeters. At ebout z = 80 m!'llimeters it
meets the main shock,

Starting at x ~ 205 millimeters a further increase in pressure
of large magnitude tekes place on the plate surface. It amounts to
ebout 36 percent of the maximum pressure drop. It is remarkedle
that thls compression at the plate surface doss not occur with a
shock. )

Outslde of tho boundary layer, at x ~ 215 millimeters the
schlieren photograph and the pressure-distribution curves show a
strong compression shock which leads to subsonioc velocity. Boundery
layer meesurements demonstrate that this shock protrudes into the
outer part of the friction leyer as far as supersonic velocity ,
exista. It should be noted that the schlieren photocraph does not
show the total boundary.leyer thlicknesa. The beginning of the
darkening in the picture lies where a gredient ln the temperature
profile of the boundary layer appears and,consequently, the maximum
alr-density gradients occur. However, these dark areas lle, &s.
shown by the measurements, wlthin the bovndery layer. Therefore,
the friction layer is thicker than it appears in the schlieren

photograph.

-

One must distinguish two zones in the Ptoundary leyer, one
nealr the wall in which the velocity increases from O up to
sonlc velocity, and an adjlolning one in which the velocity furiher
increases up to the undisturbed supersonic velcclty U. It is
possible that compression shocks mey occur in the outer thin zone
of the boundary lsyer whereas the pressure increeses in the immer
layer take place continuously. As pressure msasurements show,
the intensity of ,the compression shock decreeses on entering the
outer zone of the boundary leyor according to the decreasing
velocities. In the eivsonic zone of the friction layer near the
wall the beck pressure can be propegated upstreem beyond the main
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shook. Thereby a continuous pressure Increase develops which
starts ahead of the mein ghock and does not reach the pressure of
the undisturbed flow until relétively Fer behind the mein-shock.
From this fact there results within the boundaery layer shead

of the compression shock a pressure drop toward the outslde and
behind the compression shock 2 pressurs drop toward the Inside.
(See fig, 6.) The chenges in density which thus originate are
visible in the schlieren photogreph of figire 4 in the shape of e
black line starting at the obligue shock and Inclined towards the
surfacs.

- — - pr—

With increasing distsnce from the well the Intemsity of the
maln shock decreases, corresponding to the decreasing velocitles.
Where the veloclty Just reachss local scnic veloclty the mein shock
is trensformed intc an adlabetic compression. Therafore, the
entire supsrsonic region from the wall to 1ts outer boundary goes
over 1into a subsonic veloclty region by means of tho main shock.
It 1s peculler that a rencwed expansion to supersonic velocity
takos place after this compression shcck between the boundary
layer and a distance from the wall 2z ~ 75 millimcters, as 1s
chovn ty the schlieren photograph end the »nressurc distribution
curves., This small zone of sugersonlic veloclty 18 bounded In the
direction of the flow by a furthzr smell compression shock. It
could not bes clarifled whethcr this second expansion 1a due to the
behaviour of the boundery layer or to the curvature of the plete.
The fact is that the ~xpension gredually diseppea:i's when the Mach
number la increcsed and +he main shock thereby shiftcd downstream.
A simple proof for thc reality of this second expansion "post
expensicn” (besides thc pressure measurements end the strong
brightening 1in the schlisren photogreph) i1s the prosence of Mach
wvaves 1n this region ceuscd by a small disturbsnce (pitot-tube
tip). The Mach anglos formed thoreby give practically the same
Mach number that can he calculated from the pressurs messuremonts.

The entire pressure field mey be represcnted by isobars.
(S8ce fig. 7.) One can sse here cloarly the reletively smell pressuve
gredient and rressure rise in the oblique compression shock as
compared to the much larger values of the main shock. The zone
of supcrsonic veloclty bohind the maln shock end algo the following
small compression shock are clearly visibls. One can Pollow
further the flatteninzy of the steep pressure rise in the meln shook
through the boundery leyer.

In addition 1* should be noted that the pressure mbagiremsnts
show rather good agreement with the schlieren photographs. Even
emel) pressure gredients can be mede visible as darksning or

brightening if the direction of the schlieren knife-edge is
favourable.
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The pressure~distribution measuremenis by de Haller are
mentionsd for comperison with test series I. Figure 8 showas the
compression ghock on the upper side (0)’ of a wing of 10-percent
thickhess. The Mach number of the fres.stream velocity is 0.818.
The achliersn photograph of the compresslon shock and the pressure
distribution measured at the ourface show a similar behavicur
simllar %0 that found in test serles I. Here agpin en oblique
shock extends from the svrfece, which meets the main shock at a
certein dlstance from the boundary. Behind the meln shock a
lightening of the schlleren photograph can also be ascortained
outside of the boundary layer correspondiing to & pressure reduction.
Imedlately following 1s another compression in the flow direction.

B. The boundary-leyer bshaviour

In order to investlgpte the mutusl inflnence of compression
shock and boundary layer, static and total preasures in the
boundary layer vere measured.

Beveral charecteristic boundary-leyer profiles are plotted
in figure 9. The velocitles, referred to the criticel veloclty e*,
as function of the distanco from the vall =z, are plotted. The
digplacement thickness calculated fyrom tkese measurements can be
seen from figure 10. The measuremsnts indicete a laminar boundery
layer eheed of the A-shock. The Reynolds number at the
point x = 145 millimaters, referred to ths momentum thickness end
the undisturbed flow velocity, is LiQ. From the point x ~ 150 mil-
limeters, that is, from the sterting point of *he obligue shock, the
boundary layer begins to thicken in the shape of & wedge. Th*s
phenomenon can elso be seen in the schlicren photogreph of figurce L,
The velocity profiles pertaining to *+hls wedge show reversed flow
at the wall which dlsplaces the lominer lerer from the well. The
displacement thickness &% increases epnroximatoly linearly in
this reglon.

The trensition to turbulent boundary leayer staris downstreem,
at about x = 195 millimsters. The houndary laysr thickens con-
slderably because of the gressure rise starting thers. The
displacement thickness &" 4increases botween x = 145 millimetere
and x = 250 millimeters to 10 times its value; the same holds
true for the momentum thickneass &**. Considerable varilatilons
vith time of the total pressure can te noticed in thls
boundary layer during the .tests, whercas tho static pressure
ramaing reathoer constant with time.
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C. The oblique shock

For the oblique compression shock the folloﬁng meaaure:ﬂenta
were taken: i

() The pressure rise Ap (by pressure msasurement) )
(b) The shock angle o (teken from the mchlieren vhotograph)

(c) The deflection engle & (glven by the course of the
dlsplacement thickness, thus by boundary-layer measurements)

The oblique compression shock 18 uniquely determined by one
of these thrse dimensions together with the condition before the
shock which 1s also known from mesgurements. Thus the possidbility
of several checks 1s obtaimed.

The basic eguations of ths compresaicn ghock® are transformed
into the equation

An 7k
ﬁ- = E—-:,_—-I(!-'.leainao - 1) (12)

The subscript 1 refers to the conditlon before ihe shock. The
equation (12) gives from the mensured Av, +ihe valus o = 54.89,
vhich agrees very wcll with the shock engzle in the schlieren
photogreph, .

For 'sthe deflection angle ¥ one cbteins from the continuity
equation™ (subscript 2: condition after the shock)

e .
-2_ __tng

®For instance, R. Sauer, Gas Dynamice ("Gasdynamik.")
Srringer 1943, pp.,63-66. ’
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‘which, together with Hugomiot's relation

+k+1P2
fa__X-1m (18)
P k+1 D2

k-1 Py

makes the calculation of ¥ Ffrom the pressures and the shock angle
possible. For the present case the result is % = 1.9°. On the
other hend a flow deflection of ebout 2° was ascertained due to the
wodge shaped thickening of tho boundary layer =t the point

x ~ 15 millimeters. Thia result alsc is a supporting fact for the
aggumption that the obliqus corpressicn shock at the A-shock is
en effect of the flow deflectlion by the btoundary layer.

D. The shock lossea

The A-shock conslsts eggentlelly of the maln shock and the
oblique compression shock. From itLe laws concerning the meeting
of verious shocks there follows that the streemline pessing through
the intersecilon of the meln shock and the cobligue co:gpression
shock contsing a vortex leyer in its downstreanm pa.ru . The con-
ditions that the velocity directions cre parallel and that the some
rregsures oxlst hold for the reglons Immediately above end below
the vortex layer, Tho voloclty magnltudes are nol equal due to
unequal shock losa vhich 1s the reason for the formation of the
vortex layer.

Since thore results & shock lntensity contlinuously varying
with dlstence from 1he well at the A-shock, the shock loss 18
elso variable, and the subsoquent flow will therefore no longer
be freec of vortices.

The "totel prossure loss" or "shock loss" 1, - rp Vas

neasurced at the peint x = 261 millimcters as & function of the
dietance from the wall. (See fig. 11.) Immediatzly above the

°g. Preiswerk, I_pplication of Gas Dynamic Mothods to Water
Flows with Free Sur:[‘a.ce. ("Anwendung ga.sd,ynm:ﬂ gcher Methoden auf
Wasseretrommgen mlt froler Oberflfche.”) Mitteilungen aus dem
Institut fir Aerodynamik, No. 7, Zirich 1938, p. 88.
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surface there is & high total pressure losas as a result-of the
energy loss in the separated boundary layer. In the outer supersonic
reglon of the friction layer & part of the shock loss is added.
Outside of the boundary layer there-exlsts only pure shock loss.
Due to the compression In two stages this total pressure loss up
to 2z = 80 millimeters is not as large as 1f tho compression had
taken place in a single compression shock. On the basis of thils
conslderation the second meximum. of the total pressure loss near
gz = 80 millimeters also is explained since from there on the com-
Presslon takes place in one single strong shock. This pressure
loss also is reduced toward the outside where the shock intensity
i1s low. It 1s possible to caleculate the shock losses from the
distribution of tho static pressure. The results thus obteined

_ agree well with the experimental values outside of = = 80 millii-
meters; below % ~ 80 millimeters they are about six percent
larger than the measured shock loss.

Test Serles II
Characteristic deta:

Rey ~ 1.325 X 106 ~ constant

M variable from 1.106 to 1.250
Boundary layer in front of the shock: Ileminar

In this test serics the influence of the Mach number upon the
A-shock was Investi!gated. The Reynolds number is approximately
the seme for all teets. As slready mentioned, the variation of
the Mach number was obtained by changing the minimum cross section
at tho end of the nozzle.

The schlieren photogrephs (fig. 12) show the remarkable
phenomenon that for small Mach numbers several \-shocks occur in
successlon. The extension of the successlve shocks decreases in the
flow direction.

For increasing Mach number the compression shocks increase
corresponding to the growth of the supersonic velocity reglon. )
However, as the extention of the compression shocks increases
their number decreases. There result for instance for:

M= 1,106 ‘6 to 7 compression shocks
M= 1,204 2 compression shocks

M= 1,240 and beyond that number only 1 A-shock
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A. The pressure-distribution messurements

The most important msasurements were the distribution of
the static pressure at the plate surface. (See fig. 13.) First
of all these pressure ocurves show that the compression 1n stagss
(corresponding to the multiple shocks) does not appear at the
plate 1teself. The separate smell unsteady pressure increases
cannot exist in the subsonic veloclty region of the boundary
layer. A slight pressure rise in the flow direction tekes place
at the wall at the point where the first oblique compression shock
outalds of the laminar boundary layer occurs. Afterwards the
presaure ls almoat constant for a short distance. Followlng this
first rise & larger rise in pressure tekes place., The second
pressure rise starts slightly ahead of the last of the several
A-shocks and dles off some distance behind it. The gradient of
the second compression increases visibly with decreasing Mach
number. This increase 1s caused by the reduction of the thickening
of the boundary leyer at thils point with decreasing Mach rumber
end by the fact that the sonic speed boundary in the friction
layer lies mearer to the surface of the plate.

For the Mach number M = 1,191 the pressurs distribution was
measured at the wall and et a distance of 2 = 20 millimeters.
(See £ig. 14.) At tho surface of the plate thers results the
pressure distributlion explained above, whereas at the distance
z = 20 millimeters a pressure distribution was measured which
corresponded to the schlieren photogreph; that is, the separate
pressure weves are clearly visitle. At 2z = 20 millimetors, the
Firet A-shock causss & compression of p/p, = 0.48 to 0.557,
that 18, a compression to subsonlic velocity. Following it
another expansion to supersonic velocity takes place. The pressure
rise in the second A-shock la smaller than in the first one and
the followling expansion just reaches sonic velocity. The third
shock, together wlth the continuous compression following it, yield
a pressure rise up to the back pressure. Analogous behaviour
can be observed for other Mach numbers.

B. The behaviour of the boundary layer

Only a few boundary-layer profiles were included in this
test series. In the region of the Mach numbers considered in
this case around M = 1 the flow 18 very sensitive to changes in
cross section. The insertion of a boundery.leyer total pressure
tube into the friction layer which i1s about 1 millimeter thick
strongly influencea the flow so that the results are not very
reliable. However, the schlierem photographs permit various
conclusions to be drawn; moreover, the behaviour of the boundary
layer for the A-shock at M = 1,225 is known. (See test series I.)
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The schlieren photographs show- that- essentlally a wedgellike
thickening of the lamlnar boundary layer agein develops. The
wedge starts with the first oblique shock and -extends dn the -
direction of the flow to the subsonic region. The extemt -of the
influence of the separate compresslon shocks end the expansions
following them upon the boundary-layer thickness could not be
determined. The length of the wedge increoases somewhat with
increasing Mach number.

The tremsition point of the boundary layer coincides rather
accuretely wlth the beginning of the steep pressure rise at the
wall. In some cases & small expansion was observed in front. of
thils pressure rise.

5 C. Similer observations

The 1nvestigptions of wings by de Haller result in the same
behaviour of the A-shock for small Mach numbers.

Figure 15 shows the achlieren photograph and the pressure
distribution of a wing for o = -1.6° and M = 0.845 (of the
fres-stream volocity). Due to the negative engle of attack larger
excoss velocltles criginate on the lower slde of the wing than on
the upper slde. The local Mach numbers immediately in front of
the first shock exre M = 1,22 bolow and M = 1,16 above.

The A-shocks ere, in agreement with the results of test series II,
larger but less numerous on the lower than on the upper side.

Test Series IIT
Characteristic data:
M= 1,3225
Re, = 2.63 x 10
Boundary layer ahesd of the shock: turbulent
>- The test conditiops of the test series III are apart from the
higher Roynolds number exmctly the seme as the conditions of test
gseries I. In particular, the Mach mumbers of the free-stream
veloclty with respect to the euxiliary plate are equal for both

cages. Thorefore, deviations in the results obtained are exclusively
due to the change of the Reynolds number.
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A comparison of the Bchlieren photoaraph obtained (fig. 16)
with the one of the A-shock from test series I shows two main
charecteristics, ¥F!rst of all, the oblique compression shock,
located relatively far aheed of the main shock, 1s missing.
Second, it 18 to be noted that the boundary layer 1s thickened
to a mch less degree by the compression shock.

A. The pressure mea&suremsnts

.The measurementes of the static pressure were carrled out in
the same way as in test series I. The curves p/po = £(x), can

be seen from figure 17,

The flow expande at the surface of the plate to & point
immodiately in fromt of the main ghock. Due to the lack of the
obligque compreseion shock, therefore, larger excess velocltles
and corresrondingly larger Mech numbers are reachcd ahead of the
shock for the same frec-stream veloclity. The flrast part of the
comprassion meagured aftorwards at the surface is considerably
stronger than for the A-shock; subsequontly, however, its gradients
become smeller. The pressure rise taking place at the wall
amounts to about 41 porcent of the maximm pressure credient
ahosad of the shock. The pruvesure dlstributions in the flow
direction for verlous distancaes from the wall result in very
stron;z compressions through the compression ghock. It muet also
be taken into consideration hore that the strong gradients
protably ere slightly weakened st tho moesuring probe becanse of
the boundary layer in a similar menmer as at the plate surface
itself. It im thoerefors probable that the compression in the
shock talas place on an even smaller section then was meesured;
this can slso be seen from the schlieren photograph.

Ap expansion cccurs immedlatcly behind the compression shock
for the pressure distributions et =z = 1=, 30, and 45 millimeters.
It 1g strongest at small dlstances from the wall end decreeses
with Increasing z. Above 2 ~ 75 millimeters thls expansion is no
longer presont. For sensitive adlustmsnt of the schllcren knife-
edie e brightening covld be ascertained in the schlieren photogreph
at the lcecation of the expsnsion. The preasure dlstributions were
dotcrmi.ed by means of threu different measuring probes in order to
asgceriain a possible total preossure tube effect on these phenomena,
Hovever, all three moasurements resulted in the sams distributiom.
An explaration of thils phenomenon was attempited in the last
chapter. '
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In this case a8 well as for the A-shock a continuoue pressure
rise can be observed within the boundery leyer. It starts at
x ~ 196 millimetora, that is,.about 1k millimeters in front of the
shock. The final pressure is reached et x ~ 260 milliweters, thus
50 millimeters behind the shock. From this there agaln resulis
within the boundary layer in front of the shock a pressure gradient
outwards and behind the shock a gredient inwards. (See fig. 18.)
The demsity changes thus created are shown i1n the schlleren photo-
graph (fig. 16) in the shape of a weak black line inclined outwards.
The pressure rise which extends upstreem beyond the compression
shock within the boundary layer elso causea for this case a
thickening of the boundary layer. The flow deflection thus created
hero again leads to a small obligue compression shock located only e
little ahead. (See fig. 16.) Pressure measurements in this zone
were not poasible because of its smell extent,

B. Behaviour of the boundary layer

The boundary-layer behaviour was agein determined by means
of pressure measursments. Severel characteristic velocity profiles
are presented in figure 19.

The boundary layer in front of the compression shock is In a
turbulent flow condition. Due to the expansion in front of the
shock the boundary-layer profiles thers become more convex. The
Rermolds number, referrod to the momentum thickness and the
corresponding undisturbed velocity, is 1478 immediately ahead of
the compression shock.

The toundary layer 1s thickened by the compression shock
outeslde of 1t. TIn contrast reversed flow could not be ascertained
at any polnt. The behaviour of the momentum thickness &** and the
displacement thickness &% 18 plotted as a function of x 1in
figure 20. 5* increases 4.8 times from x = 140 millimeters to
x = 250 millimeters, vhereas ©&** in the same distance increases
from 0.215 millimeters to 0.850 millimeters, Therefore, the
boundary layer thickens for this case conaiderebly less than for
the corresponding A-shock for which &* aend 8"* increase
approximately 10 timss. This fact can also be realized from the
schlieren photograph. Another notable fact for the pressure
measurements in the boundary layer behind the shock was that In
contrast to the A-shock no fluctuation wlth time of the total
pressure were noticeabls. '

In addition, a calculation of the shear stresses at the wall
To from the boundery layer equation (Q) wes attempted. The values
are plotted in flgure 20 as functions of x, The curve shows an
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increase of the shear stresses at the wall in front of the com-
pression shock, then d decrease (due to the pressure rise) and
then agaln a gredual increase.

C. The total pressure losses in the compression shock

The measured total pressure loss p, - Pp of the compreasion

shock 1is to be seen in figure 21. Correspondins to the intensity
of the compression shock the pressure losses increase with
decreasing z. Within the boundary layer one flnds the losses
caused by friction. In the supersonic region of the boundary
layer the measurement glves the sum of shock and friction losses.

Teat Series IV

Characteristic data:
M= 1,1 to 1.4 variable

Re, ~ 2.700 X 10° constent

1
Boundary layer in front of the shock: turbulent

In analogy to test series IT ths Mach number 1s varied at
conotant Reynolds number. In contrast to the A-shock for a
laminar boundery leyei no multiple compression shocks develop
now even for small Mach nuwbers; the compression always tekes

pl=ce 1n a single stage.

Figure 22 shows the achlieren photographs for M = 1.12,
1.26, and 1.31; the pressuro distributions pertaining to it at the
surface of the plate are plotted in figure 23. 8chlleren rhoto-
grephs ag woll as pressure distributions show & gimilar course
for various Mach numbers.

Test Series V

Characteristic data:
Mach mumber of the free streem veloclty constant

Rey = 1.3 x 105 o 2.7 x 105 varianle

Boundary layer in front of the shock: for tremsition from laminar
iInto turbulent.
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In thie teat serles the inflvence of ths 'Beynolds number upon
the compresaion shock was investigated. Re; was variod continuoualy

so that the trensitién from leminar to- turbulent. boundary layer in
front of the ocompression shock could be observed,

The chenge of the Reynolds, number wes sffected 'by varylng the
pressure and thereby the air denmsity in the turmel. Meanwhile the
temperature in the tumel was kept constant so that the Mach
number;, of the free-stream velocity of the auxiliary plate remalned
unchanged.

The A-shook forms the first sublect of the experiments as 1ln
test sories ®; subsequently, the Rnynolds number was increeased step
by step. Figure 2k contains the schlieren photogm;phs for the
following Beynolds numbers: Rej = 1,325 X 10 1. 5706x 10
1.781 x 106, 2,020 x 106, 2.261 X 100, and 2.681 x 10

The pressure measurements show that the transition from
laminar to turbulent boundary layer in front of the compression
shock tekea place discontinuocusly. Therw are places on tho plate
where, due to disturbances on the surface, the turbulsnce aypears
somewhnt sooner than at other noints. Since the schlleren photo-
graph represcnts all compressions teklng place over the entlre
width of the ftunnel cne can recognize both compression shocks
in a certain region of the Roynolds numbors. From the serlea of
schliorcn photographs ocme can clearly recognizs the transition
between the two types of compression shock. The oblique com-
preaslon shock of the \-shock gredvally disappears for increasing
Reynolds number. The part of the main shock adjoining the oblique
shock towards the ouvtside remains nnchang.d.

Simltaneously with the disapnearance of the oblique shock
vhich 1s located rolatively fer shead, the mein shock becomss an
unbroken slightly curved line which extends to the proximity of
the plate surface. At the base of this shock A smell oblique -
compression shock still remains, as was alrecady shown in test
seriea IT: 1t is clearly visible in the schlieren photogrephs.
However, not only the influence of the changze in boundary-layer
condition upon the compression shock is shown but elso the
different behaviour of the friction lasyer chenging its flow con-
dition with respect to the compression shock. The decresase of
the thickaning of the boundary layer for incressing Reynolds
nunmber is very dlstinct,
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A, The pressure measurementg

Different pressure distributions result corresponding to the
variation of the compression shocks. The two pressure distributions
at the surface of the plate for the highest and lowest Reynolds
nunber investlgated are plotted in flgure 25. Rellable pressure
measurements were no longer poesible for the Intermediate steps.

B. The total pressure losses

The total pressure losses p, - Pp due to the compression
shocks are plotted in figure 26. As a consequence of the higher
excess velocitles for the same Mach number of the free.stroam
veloclty larger shock losses occur for the cese of & turbulent
boundary layer. In contrast ths pressure losses 1n the separated
and greatly thickened boundery.layer increese for the laminar
condition.

Test Serles VI
" Characteristic data: |
M= 1,279
Re = 1.69 x 106
Reg** = 1159
With turbulence wire:

In this teat the lam'nar bouniery layer in front of the com-
pressicn shock is tranmformed artificlelly into a turbulent
boundary layer. Tho turbulence is produced by means of e wire
which 1s stretched across the auxliliary plate at the point
x = 12 millimeters. Diemeter of the wire and dilstance of the wire
from the surfece of the plate amount to approximately 0,3 millii-
meter each.

The rosulting compression shock can be seen in the schlieren
photograph (fig. 27); it hes the same character as in tho case of
natural turbulence. Without turbulence wire a A-shock similer to
the one in test serles I occurs.
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The A-shock can therefore be avoided by artificially influ-
encing the boundary layer. If the turbulemce is to be produced
by a wire, it ls not necessary to place the wire at the nose of
the profile, for instance. Tests have demdnstrated that a turbu-
lence wire of 0.2-millimeter thickness which 1s fixed on the,
gurface shortly ahead of the mein shock also fulfills the purpose.
It is unfavoureble to place the wire relativoly far ahead of the
shock in the supersonic region because then the wire -itself cem -
cause an obligue compression shock.

It is poseible to produce the turbulence by still other
means (for instance, by an edge or by blowing air).

A. The pressure measurements

In figure 28 the distribution of the static pressure for
various distances from the wall 1s plotted. A pressure distrl-
bution results at the plate surface similar to that for the case of
natural turbulence of the boundary layer before thoe shock. Outside
of the boundary layer the pressure measurements result unexpectedly
in {&wo strong compressions in short succession. In agreement with
the pressure measurcments the schlleren photogrephs show two shock
lines at this location. The firat pressurve rige in this "double
shock" amounts to about 17 percent of the subsequent one, end does
not lead to subsonic velocity; only after the second shock a sub-
critical pressuve ratlio 1s reached. A smell expansion takes plece
| bctween the two comrression shocks es can be seen from preassure
! meesurement and Schlieren vhotogreph. Both measuring methods (es
in test serles III) give a post-expansion following the second
compression., Hers also thls post-expansion falls off with increasing
distance from the wall and is no longer present outside
of % = 80 millimeters.

Two such compression shocks in short successlion were also
observed for the case of natural turbulence of the boundary
layer. (See fig. 22.) For certein conditions 1t is also possible
that the first smell shock extends only over & fraction of the
total shock extent in z-direction. (See test series VII.) It
starts, however, in all cases observed in the superaonic region of
the friction layer.

Presumably this "double shock" represents & condensation
. rhenomenon. It was possible to calcula.te from humidity measure-
ments that for the pressure ratio p = 0.52 approximately the
saturation condition (ice formation) Eﬁic] is reached. At any
rete it does not seem possible to oxplain the first (almost) normal
shock which leeds from supersonic to supersonic by means of the
ordinary shock equations.
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B. The behaviour of the boundary layer

From the measuremsnts there results a beheviour of the
boundery layer similar to the ocne in test seriss ITI (matural
turbuisrae). Several characteristic veloclty profiles are
regrsaen‘c-sd in figure 29. In figure 30 the behaviour of &* and
5% as functioas of x can be seen.

The boundary leyer cen overcome the prossure rise without
the occurrence of reversel flow. As in the caese of natural
turbulence, elso hele & small obligue compression shock near the
wall anp2ars wnich meests the mein shock at a distance from the
well of epnroximatoly 10 millimstors.

C. The shock loss

The shock loss D, - pP in the compresslon shock ls
plotted in figure 31. Its behuviour as well as the absolute
values areo similar to those of test scries III.

Teet Series VII

Characteristic data:

M= 1.706

Res-x* = 2315
Boundary layer: turbulent

The test -ms carrisd out without auxlllary plate, that is,
on the lower nczzle wall. On this wall there is a thick turbu-
lent boundary leyer. Roeg** ahead of the shock is 2315; 1t
was Reg** = 1473 in the case of the twibulent boundery layer
on the suxiliary vlate. The mchlleren pholographs of the
cormpression shock can be scen from figure 32.

A. The pressure measuramens

The distribution of the static vreassurs at various distances
from the wall is mlotted in figure 33.

For this prossure egpin e weekor nreassure gradient then in
wmdlisturbed flow rosults at the wall. Outeide of the boundary
layer the ccamrassion tekes place up to a distance from the wall
of z . TS5 niilinvters by means of two shocks 1n short succesaslon.
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The compression in the first shock is essentially smeller than the
one of the second shock. Between the twod compfesslon shocks & -
elight expansion tekes place. This beheviour is simlilar to the
behaviour ascertained in test series VI (turbulence wire), with
the difference, however, that now outside of a certain distance
from the wvall the compression tekes place in & single shock.

Pressure measuremsnts and schlleren photographs show good
agrecment here also. Another weak compression line is present
in the schlieren photographe ahead of the shock which 1s an
effect of the slde walls. }

Behind the compression shock an expansion which decreases
wlth increasing dlstence from the wall takes place &8 in cther
tests,

B. The behaviour of the boundary layer

Severel characteristic boundary.-layer profiles are plotted
in figure 34. The course of 8* and &** can be seen from
Flgure 35. Roversed flow of tho boundary leyer does not occur at
any point, Due to the nressure rise the boundary leyer 1s
thickened; separation does not occur.

C. The rressurs loss in the shock

The pressurc loss caused by the compression shock was measured
at the polnt x = 70 millimeters as & function of the distance from
the weil. (Seo fig. 36.) The distribution is similar to the ome
in the other test series for turbulent boundary layer ahsad of the
shocl,

SUMMARY OF THE EXPERTMERTAL RESULTS

1. The flow phencmena depend essentially on whether or not the

flow of the biundary leyer aheed of the shock 1s laminer or
turbulent.

2., For lominar boundary layer and for Mach numbers not far
excoeding 1, mmltiple shocks ocour which decrease in nunmber when
the velocity ie increased. Finally a simple A-shock is reached.

3. The A-shock consists essentially of a normal main shock
with e preceding oblique compression shock. In front of the main
shock the flow of the boundary layer is still laminar; the reversed
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flow in the proximity of the wall czuses a large increese of the
displacement thickness in the direttlion of the flow which is found
to be in good agreemsnt with the deflection of the supersonic flow
by the obligue shock. Behind the main shock the boundary layer 1s
turbulent.

4, Turbulent boundary layers give only normel shocks, inde-
pendent of the Reynolds and Mach mumbers. It does not matter
whether the boundary layer becomes turbulent naturally (for
instance by increase of the Reynolds mumber) or ertificially (with
disturbance wire).

5. The displacement thiclmeass of the boundary layer increases
considerebly on golng through the shock, more so for leminar than
for turbulent layers.

6. Behind the mnin shock the pressure faells off rapidly at
some places. It seems that thle fact is by ho means due to
errors in measurement but that this falling off can be explained
frrm ithe bshavicr «f Trictlionleas gae flows by quick
pressure adjustmonts of differences in tha flow mtonsity Just
under sonic volocity. (Compare tho following note.)

7. Formatlions of ncrmal doubls shocke close to each other
have been observed in the achlieren photogreaph cnd 1t was
determined by merns of pressure measuremsnts that thls phenomenon
reelly occurs in the flow. It can probebly bo comnected with
lce precipitation. '

8. Compared with the strong preseure rise in the shock
outaide of the boundary layer the pressuro rise at the wall takes
Place mumch more gradually. In comnection with it pressure
gradients perrendiculayr to the wall originate in the rogion where
the shock borders on tho wall; these gradlonts are also visible
in the schlleren photograph.

REMARES CONCERNING THE FALLTNCG OFF OF
PRESSURE BFHIND THE MAIN SHOCK

For the pressure distribution et the dlstance from tho
wvall z = 1%, 30, and 45 millimeters (fiz. 17) a strong exponsion
was observed immedlately behind the compression shock. Thege pressure
letridbutions were plotted separatively In figure 37; the theoretical
final pressures behind the shock resulting from the condition before
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the shock according to the shock equations were also plotted. The
calculated values show good agreement with the mcasured pressure
behind the shock, that is,--in front of -the .subsequent expansion._

The "post-expansion” decreases with increesing distance from
the wall. For 2z = 60 millimeters and z = 75 millimeters the
theoretical final pressure behind the shock is even smaller:than.
the one that was observed. (See fig. 37.) This fact suggests -
that e "post-compression” takes place here which is very strong,
like the post-expansion, so thet it has a pteepness of a similar
order of magnitude as that of the shock itself.

One obtains & quelitative explanation of this phencmenon if
one takes Prandtl's relation .

Viwp = a*2 . (15)

into comsideration. wy end w,, respectively, are the velocitles

in front of and behind the normal shock; a¥* 1s the criticel sonic
velocity which depends only on the stagnation temperature and is
therefore cgnstant in the entire flow field. From (15) follows
that the greater the supersonic velocity in front of the. shock, the
smaller becomes the subaonic velocity behind the shock.

For the present tests 2 limited suversonic reglon was produced
by slight curveture of the plete. Along & line perpendicular to
the pYate the supersonic veloclty wlll decrease more end more with
increaeing distance from the wnll; apart from the boundary layer
one finds the highest velocity in the immediate proximity of the
vall. If now & normal shock exists in this supersonic regiom,
there results according to Prandtl's oquetion (15) the smellest
subsonic veloclty in the proximity of the wall; the veloclty behlind
the shock will increase with the distance from the wall, Such a
velocity distribution, however, will certainly be changed by the
boundary conditions which the curved plate imposes on tho flow:
near the wall e post-acceleration (thet ia, post-expension) will
take place; on the other hand at a larger distance from the wall e
post-docelsration (thet 1s, post-compression) must result.

The striking steepness of these pressure distributions is at
least partly explained by the compressidbility of the flow. It
seems that disturbances in the longitudinal velocity as they exist
here die off much faster in the compressidle than in an incom-
rresalible flow. As a simple example the potential flow for parallel
motion with a small periodic disturbance of the velocity {_.and
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therefore alBo of the pressure) 'is investigated. At a point x = 0O
let the dependence of the. J.ongituﬂiml voloclty "z on the distance

from the wll gz "(fig. 38) ‘bé: -

Vg Vg + AW coaﬁtz | (16)

Aw is the "amplitude," t the "wave length" of the disturbance.

Similar to the procedure in the investligation of a slightly
wvavy wall with parallel flow the flow 1s first regarded as incom-
pressible and cempressibility taken into account efterwards by
application of Frandtl's ruie. For the incompressible case the
condition of the imposed veloclty distribution is fulfilled by the
potentlal-

21rx
. Avt Oz T T . . \
° L] VOI - —2;{' co8 _t—e (17)
from which followa:
2nx
oz T
wx = wo + Aw co8s —#e (17(5-)) .
enx
W, = Av sin ?LLZO A3 (17(1))

If one secks ‘tho corresponding & as a solu'l-ion of the linearized
potential equation for camprussible flow, that’ is, of the equation .

% 320
-m2)2 -
(1 )ax 32 0
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‘with M = wy/a, ome can see from the form

aa¢+ 3% =0
3?3z V1 - M2)2

that in the incompressible potential: (17) z mst be replaced
by z\1- M2

~2nx
LHwt enz\ll - Mé t
@ = wox - By cog ¢ —— o (18)
.enx
Wy = Wy + AV COS @Eﬂt@e K (18(a))
. _2nx
t

v, = ﬁ?&wahzﬁ@

t e (18(v))

For x = 0 omne obtains from (18(a)) the superimposed velocity
distribution with the same amplitude but with changed wave length.

Therefore, one equates t/\1 - M2 = t*; therewith vy and W,
becoma

Oz t*m

Vg = Wy + Av cos -E;e (19(a))

v, = \[1 - M2 Aw cos e—t’—'_;e tI-W2 (19(1))
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A comparison of the velocities (17) end (19) shows that the
dlsturbances of the parellel flow fall off very repidly downstroem
when the Mach number approaches 1.

It vag assumed that the disturbances cen be derived from a
potential, that is, that an exceas in pressure corresponds to a
lack of velocity and vice versa. Thls assumption will not be
exactly fulfilled behind a shock due to the shock losses, that is,
because of the deviation from the adlebetic change In state 1n the
shock. For the present week shocks, however, thls deviation is for
these consideretlions negliglible.

Quantitatively the rule is that, for parallel flow, the

longitudinal disturbances fall off 1/ V1 - M2 times steeper

than for the Incompresslible caso. Foxr the compllicated flow
phonomenon behind the shock the assumod flow 1s certalnly too
gimplified to permit quantitetive conclusions to be drewn from 1t,
even though the results noint 1n the direction of the observed
results. (See fig. 29.)

Translated by Mary L. Mahler
National Adviscry Committee
for Aeronautics
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APFERDIX
LIST OF SOME FORMUTAS AND CURVES FOR THE NORMAL
COMPRESSION SHOCK

Po~P1 Ap
*
Vivp = ala = Pp - pl"‘&

Ap *Q
'—'-'Ml -1
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Generally

o2
M2"'(1”1) - (x - 1)M*2

Subscript 1 or 2 designate the value 1n front of or behind the
shock. The adiabatic stegnation pressures in front of the

shock (py;) &nd behind the shock (py,) ere n~t equsl: the pitet
pressures, however, are equal since a ghock develcprs in the super-
sonic region ahead c¢f the pitot tube. (See fig. 40.)

Therefore: Pp = Ppl = I‘pa = P°2

Figure 41 ccntailns several curves which can be used for the
investigation of normml shocks.
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4, Minimum cross section. 5. Total pressure tube or static pressure probe. 6. Mechanism
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Figure 16.- Schlieren photograph. Compression shock for turbulent_
boundary layer, M = 1.322, Re, = 2.63 x 106 Re g #x = 1478.
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Re; = 2:63 x 108, Re ; ** = 1478,
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Figure 21.- M = 1.323, Re; = 2.63x 106, Reg** = 1478. Total
pressure loss in the compression shock.
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Figure 24.- Schlieren photograph. Influence of the Reynolds number on the compression shock for

constant Mach number, of the free stream velocity with respect to the plate. Upper row: Schlieren
knife-edge vertical. Lower row: Schlieren knife-edge horizontal.
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Figure 26.~ Influence of the Reynolds number on the compression
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with respect to the plate. Total pressure loss behind the
compression shock.
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Figure 29.- Boundary layer profiles. M* = f(z),. M = 1.279,

Re ; = 1.69 x 106, Reg ** = 1159. Turbulence wire at
X = 12 mm,
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Figure 33.- Compression shock for thick turbulent boundary layer.
M = 1.30, Reg ** = 2315.. Distribution of the static pressure
at various distances from the wall (x = 0 without auxiliary plate
corresponds to x = 158 mm with auxiliary plate).
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Figure 35.- Displacement thickness & * and momentum thickness® **
for the case of thick turbulent boundary layer in front of the shock.
M = 1.30; Reg ** = 2315.
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Figure 36.- Shock loss in the case of thick turbulent boundary layer
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Figure 37.- Distribution of the static pressure through the shock
at various distances from the plate. The dashed lines indicate
the theoretical value of the final pressure in the compression
shock. Segments of the pressure distribution on the plate
surface are also plotted. (Solid dots).
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Figure 38.- Superimposed velocity distribution of the slightly
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Figure 39.- Falling off of perturbations with the measured “wave
length” t* =~ 200 mm as basis. (a) exponential falling off for
incompressible flow; (b) exponential falling off for compressible

flow at the measured mean Mach number M = 0.87; (c) measured "
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